I. Introduction
Aeroengine noise pollution is a pressing regulatory issue with a great demand for increased capacity at airports, stringent local restrictions on night-time flying, and heavy final penalties for infringement of day-time noise limits. Thus the understanding and control of engine noise is an absolutely crucial and central issue for industry. Broadband fan noise has been identified as the most significant engine contribution to noise.
Furthermore, trailing-edge broadband noise is one of the most important components of the noise from fan Manuscript blades and outlet guide vanes (OGV). It is generated due to the scatter of turbulent kinetic energy from the rotor turbulent boundary layer into acoustic energy at the trailing edge [1, 2] .
Airfoil self-noise (also called trailing-edge noise) generation is representative of more complex cases such as airframe and high-lift device noise and turbomachinery noise in general. As many fundamental aeroacoustic problems have not been fully explored and understood, the accurate prediction of noise generation on an isolated airfoil associated with proper computation of unsteady viscous flow around airfoil still remains an outstanding problem in computational aerodynamics.
Large-eddy simulation (LES), which aims to solve numerically the larger turbulent scale fluctuations in space and time while modeling the effect of more universal small turbulent scales using a subgrid-scale (SGS) model, is a promising approach for improving our understanding of fan noise generation and providing data needed for the development of noise prediction methods. A dominant issue with LES-based methods is the interaction of discretization numerics with LES SGS models. In some cases, it can be helpful to omit the SGS model altogether where excessive dissipation occurs [3, 4] . This is referred to here as numerical large-eddy simulation (NLES), in which the unresolved small eddies are accounted for by means of the numerical dissipation and no SGS model is employed such that the full (unfiltered) Navier-Stokes equations are solveda procedure sometimes referred to as implicit LES.
In the present study, a wall-resolved compressible NLES approach with a high order scheme was chosen for the numerical simulations. It was observed from experiments [5] that the boundary layer flow around a NACA0012 airfoil at medium Reynolds number experienced separation and transition to turbulence in the region close to the blunt trailing edge. Thus narrowband peaks and tones associated with vortex shedding from the separated shear layer/blunt edge are superimposed onto the broadband noise induced by the turbulent boundary layer [5] . This type of flow simulation can significantly benefit from the use of a high-order method due to the high computational cost involved, and also requires low numerical dispersion and dissipation [6] .
The wall-resolved NLES approach with high order scheme meets such requirement.
In the wider project of our research group -Aeroengine Aeroacoustic Interactions -a series of airfoil selfnoise, fan blade/rotor self-noise and rotor-wake/OGV interaction will be investigated computationally. As the first step, an isolated NACA0012 airfoil with zero angle of attack at a chord-based Reynolds number = 2 × 10 5 was considered. NACA0012 airfoil trailing edge noise has been investigated by many researchers [7] [8] [9] [10] [11] [12] focusing on different flow conditions and numerical methods. In the present work, the fundamental mechanism of trailing edge noise generation and propagation were investigated by employing wall-resolved NLES and the results validated by wind tunnel test data [5] , in which the same NACA0012 airfoil case was used to investigate different airfoil self-noise generation mechanisms of relevance to the noise from aircraft (airframe and engines) and wind turbines. The unsteady surface pressure fluctuations and the velocity field in the boundary layer and the wake of the NACA0012 airfoil were measured and analysed [5] .
In previous computational investigations in our research group [13, 14] , a LES-SGS method was employed to evaluate LES suitability for predicting the near-field velocity field for the NACA0012 airfoil at moderate Reynolds number = 2 × 10 5 , following calculation of noise sources on, and close to, its trailing edge. The Rolls-Royce compressible CFD code HYDRA, utilising a wall-adapting local eddy-viscosity (WALE) SGS model for LES, was used in that study. Following on from this study, an incompressible wall-resolved NLES approach with a high order scheme (up to 6 th -order) was employed by Lin et al. [15] to resolve streak-like structures in the near-wall flow regions over the NACA012 airfoil. The capability and accuracy of the wallresolved NLES to capture the unsteady velocity and pressure field in the near-field around the airfoil and associated noise sources were evaluated. The effects of grid-refinement and higher-order numerical scheme on the wall-resolved NLES approach were also discussed. It was concluded that the wall-resolved NLES with a high order scheme is capable of predicting the airfoil self-noise sources properly [15] .
In the present study, the wall resolved NLES numerical scheme has been upgraded and a new parallel CFD code COMP-SQUARE, implemented with compressible wall-resolved NLES, was employed for the airfoil selfnoise sources prediction. The predicted mean and rms velocity at the airfoil trailing edge and in the wake area, and the surface pressure power spectral were compared with experimental data. The capability of compressible NLES to capture the trailing edge noise generation sources around airfoil and fan blade was assessed. The advantages of this compressible NLES code over the previous incompressible code and HYDRA LES-SGS code was discussed.
The objectives of this study included: (1) to evaluate the capability and accuracy of (i) the compressible wallresolved NLES approach to capture the unsteady velocity and pressure field around the NACA0012 airfoil, and
(ii) the different boundary layer regimes associated with different noise generation mechanisms; (2) to sample and analyse the surface pressure fluctuations to provide energy spectra in airfoil self-noise sources; (3) to produce input data of unsteady velocity/pressure sources for an analytically-based far-field noise prediction scheme.
II. Methodology

A. Numerical method
In this study, simulations are performed using an in-house high-order structured code, COMP-SQUARE.
To directly capture pressure waves the three-dimensional Navier-Stokes equations are solved in their compressible form in a generalized curvilinear coordinate system as described in ref. [15] . Only some key equations and issues relevant to the compressible flow calculations are highlighted here.
Conservation of momentum can be expressed using Eq. (1): 
The symbol u i is a fluid velocity component, ρ density, μ viscosity (evaluated from Sutherland's equation), p static pressure, t time and x the spatial coordinate. The stress tensor, τ ij , in Eq. (1) is calculated using
Where δ ij is the Kronecker delta (δ ij = 1 if i = j and δ ij = 0 if i ≠ j). The strain rate tensor, S ij , is expressed as
In conjunction with the above the following conservation of energy equation is solved The inviscid, viscous fluxes and the metric terms are spatially discretized using 6th order compact finitedifference schemes. Time integration is carried out using an explicit four-stage fourth order Runge-Kutta (RK) scheme. It is well known that the compact schemes are non-dissipative. The numerical instabilities arising due to the non-dissipative nature of the high-order compact schemes are eliminated by filtering the conservative variables. For this purpose, an 8th order low-pass Padé-type non-dispersive filter is employed at each RK stage. Since the filtering procedure is effective in damping out the higher frequencies, no explicit subgrid scale (SGS) model has been employed in the simulations. This is referred to as the numerical LES strategy with μ T = μ sgs = 0. Very fine grid spacing used in the near-wall region will filter out naturally the smallest turbulent scales and resolve the streak-like near-wall structures.
The code utilizes MPI message passing system for parallelization on distributed memory platforms. Mach number and Reynolds number were set at 0.17 and 2 x 10 5 respectively where the Reynolds number is based on the chord length and the free-stream velocity. Around 16 million (16M) cells were used for the simulations discussed in this paper.
B. NACA0012 Airfoil and Mesh
In the experimental investigation of Sagrado [5] into airfoil trailing-edge noise sources, the NACA0012
airfoil with a chord of 300mm and an aspect ratio of 1 was placed at the exit of an open-circuit blower type wind tunnel with a rectangular cross section of 0.38m by 0.59m. The freestream turbulence intensity of the tunnel is 0.4%, which allows the flow on the airfoil to initially be laminar. Two different trailing edge (TE) thicknesses were investigated in the tests [5] -a sharp TE with a thickness at the trailing edge of 0.76mm and a blunt TE produced by reducing the chord by 3mm such that the thickness at the trailing edge was 1.6mm. According to Blake [17] and Sagrado [5] , vortex shedding is only noticeable in the case of a blunt TE. Vortex shedding has been identified as a main contributor to narrowband noise and tones in airfoil trailing edge noise generation [11] .
The present computational investigation is focused on the isolated NACA0012 airfoil with a blunt TE at zero angle of attack. For the compressible wall-resolved NLES, upstream inflow Mach number is set to be 0.17, corresponding to the Reynolds number = 2 × 10 5 , which is based on the inlet velocity and airfoil chord length.
The computational domain is a thin spanwise sector with a size of 20 × 10 × 0.3 , corresponding to the streamwise, wall normal and spanwise direction respectively, where C is the chord length. The airfoil leading edge (LE) is located at x=0, y=0 and z=0 with the x-axis being the streamwise direction and the z-axis the spanwise direction. A multi-block structured C-H type mesh is generated with ANSYS ICEMCFD. It is noted that one of the significant issues with the wall-resolved NLES is the grid-resolution requirements in the nearwall regions of flow. These areas can possess small streak-like structures requiring very fine meshes of the order of (in non-dimensional wall units) ∆ + ≈ 1, ∆ + ≈ 50 − 130 and ∆ + ≈ 10 − 30 [18] . In the current study, the wall normal C-grid lines away from the airfoil are clustered towards the airfoil surface boundaries with normal spacing of the first grid away from the wall corresponding to ∆ + < 1, with about 30-40 cells located within the boundary layer. In the spanwise direction, the grid spacing is uniformly distributed corresponding to ∆ + ≈ 25. The grid along the streamwise direction corresponds to a spacing of ∆ + ≈ 10 − 100 and is clustered towards the airfoil LE and TE.
Mesh independence and mesh resolution effect on the wall-resolved NLES have been studied thoroughly in a previous study [15] . It was concluded that mesh refinement was necessary for predicting accurately root mean square of velocity fluctuation and mean velocity in the wake. Turbulent vortical structure near the airfoil TE was captured clearly with a refined spanwise mesh only. Therefore, in the current study, a refined mesh with 16M hexahedral elements was required for the calculation. The refined mesh covers the full boundary layer, the airfoil trailing edge and the wake up to 8% chord length, which is the region where the measured experimental data is available [5] . The mesh distributions at the mid-span plane for the complete domain and locally near the airfoil LE and TE are shown in Figure 1 .
The flow in the spanwise direction was set to be periodic for the NLES. A non-slip condition was specified at the walls and the pressure gradient was zero. 
III. Results and Discussion
For the compressible wall-resolved NLES approach employed in this study, simulations were carried out with the higher sixth-order scheme based on the refined mesh. To improve stability and convergence of the compressible mode simulation, a steady incompressible mode simulation is performed first to give a realistic initial velocity field. Turbulence samples are collected after the initial turbulent flow field had settled down. 
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history is sampled at the frequency of 65535Hz, along with the turbulence flow field averaging process. To achieve this, another 10 flow-through times are run. Detailed comparisons between the experimental measurements and the computational results are presented below. To evaluate the advantage of compressible NLES over the incompressible NLES, a comparison between these two simulations with the higher six-order scheme follows below.
For the purpose of validation, the current compressible NLES is compared with experimental data [5] . To show the features and advantages of compressible NLES, previous computational results from LES-SGS run with HYDRA code [13, 14] and the incompressible wall-resolved NLES [15] are also plotted for comparison.
The compressible HYDRA solver uses a second-order accurate centred numerical scheme and a wall-adapting local eddy-viscosity (WALE) SGS model for LES. The solution from the HYDRA solver presented in this paper is based on a mesh size of 9 million (9M). Thus regions of positive Q-criterion correspond to vortical structures. In Figure 3 , the iso-surface of Qcriterion is shown and coloured by streamwise velocity. Towards the TE, the rollup of two-dimensional turbulent eddies is observed due to boundary layer flow separation and turbulence transition. It progressively becomes three-dimensional at the blunt trailing edge. 
A. Flowfield Description
B. Mean and rms Fields
The static pressure on the upper and lower surface of the airfoil is averaged in time and its distribution is pressure. This definition of pressure coefficient accords with that in the experimental investigation [5] . The comparison of the calculated static pressure distribution with the experimental data is presented in Figure 5 , together with the result from the inviscid flow calculation. At 0̊ angle of attack (AoA), the calculated pressure coefficient agrees very well with the experimental data.
The fact the results from both surfaces of the airfoil collapse onto the same line is to confirm that the NACA0012 airfoil is symmetrical at 0̊ AoA. It is also observed that both the experimental and the calculated p C corresponding to the untripped boundary layer deviate from the data associated with the inviscid calculation in the region approximately between x/C=0.65 and x/C=0.97. This indicates that the flow is separating in this region and reattaching afterwards, thus creating a separation bubble in the vicinity of the TE.
Boundary layer thicknesses associated with different boundary layer regimes were measured and analysed in the experimental investigation [5] . In the computational study, the boundary layer thickness has been integrated from the analysis of the mean velocity profiles. The velocity at the edge of the boundary layer In Figure 6 , the experimental and computational shape factors for the untripped boundary layer case at = 2 × 10 5 are plotted together for comparison. The value of at x/C=0.4 is 2.4 for the wall-resolved compressible NLES and 2.6 from the experimental data, which are typical values for a laminar boundary layer [19] . This value increases towards the separation point (S), reaching a value of 3.67 for the compressible NLES at x/C=0.60 and 3.25 for the experimental data at x/C=0.65. A typical value of at separation in a laminar boundary layer is approximately 3.5 [20] . As Hatman and Wang [16] reported, reaches a maximum value in the region around the maximum displacement of the separated shear layer MD x . From Figure 6 this occurs when xMD/C is approximately 0.85. In summary, Figure 6 illustrates that the untripped boundary layer at = 2 × 10 5 is laminar up to the point where it separates due to the adverse pressure gradient, before undergoing transition along the separated shear layer and reattaching upstream of the TE. Accordingly, the shape factor decreases sharply after the maximum displacement towards the TE to a value close to that for a turbulent boundary layer (≈1.8).
Generally, the calculated shape factor shows the same trend as the experimental data. It demonstrates the features of different regimes in an untripped boundary layer over NACA0012 airfoil at the moderate Reynolds number = 2 × 10 5 . The predicted reattachment point (R) and maximum displacement thickness point (MD) are close to the experimental data. However, the compressible wall-resolved NLES over-predicted the shape factor H value in transition and turbulence regimes and predicted separation point It is noted that the directional insensitivity of hot-wire anemometry (employed in the measurements of the boundary layer profiles) causes the velocity profiles to become distorted, particularly near the wall, as illustrated in Figure 9 . This distorted mean velocity profile causes the significant difference in near-wall distribution between the wall-resolved compressible NLES results and the experimental data, as illustrated in HYDRA LES-SGS [13, 14] captured the flow separation at x/C=0.65, but predicted a stronger separated boundary layer flow with a bigger displacement at downstream locations until flow reattached at x/C=0.96 (see Figure 7 ).
The mean velocity and rms velocity profiles at three wake locations, viz. x/C=1.01, 1.02 and 1.05, are presented in Figure 10 .
The velocity profiles in the wake look almost identical above and below the extended airfoil centre line.
These symmetric profiles confirm the alignment of the airfoil with the flow at 0̊ AoA. The profiles are all representative of turbulent velocity deficit. Due to the large TE thickness, the velocity can reach very small values. The turbulence intensity profile at the position very close to the TE (x/C=1.01) shows two peaks with sharp minimum between them, which may be related to the presence of a quasi-periodic unsteady vortex shedding from the blunt edge. It is noted that the thickness of the blunt TE (1.6 mm) is the scale of the TE periodic vortex shedding. At 15 mm downstream of the TE (x/C=1.05), which is more than 9 times the of the blunt TE, the minimum values of mean velocity and turbulence intensity have increased. In Figure 10 the mean velocity profiles produced from the compressible NLES compared well with the experimental data near the extended airfoil centre line. The minimum values of mean velocity at the three locations agree very well with the experimental data. At the wake location x/C=1.01, the compressible NLES presents clearly the two peaks of turbulence intensity with a sharp minimum between them, which agrees well with the trend in experimental data. At the other two wake locations, both incompressible and compressible NLES over-predict the turbulence intensity maximum values. HYDRA LES-SGS under-predicts the rms velocity in the same region at all three wake locations.
In Figure 11 , the wall-normal mean velocity m V and root mean square of its fluctuation Generally speaking, both the incompressible and compressible NLES can predict the wall normal mean velocity profile very well. However, the compressible NLES over-predicts the wall normal rms velocity profile and the incompressible NLES under-predicts the wall normal rms velocity values.
C. Power Spectral Analysis
In the experimental investigation, streamwise and spanwise distributed microphones were located for surface pressure measurements. A detailed analysis of these measurements was carried out by Sagrado [5] to help understanding the nature of the wall pressure field under the different flow regimes over the NACA0012 airfoil, which is closely related to the airfoil self-noise sources. In the compressible wall-resolved NLES, the surface pressure signals are collected simultaneously with the flow field averaging process, and then the Sound Pressure Level (SPL)-frequency spectral is obtained by calculating the Fast Fourier Transform (FFT) of the temporal surface pressure data.
In Figure 12 , the calculated and measured surface pressure fluctuations in the form of SPL are presented together for comparison at four microphone locations investigated, viz. x/C=0.61, 0.70, 0.86, 0.98. It is noted that for all the cases presented here, the SPL is plotted with respect to a reference pressure P 0 = 20μPa. The sharp peaks (containing energy) in the surface pressure spectral reflect the nature of the disturbances originated from the instability waves. According to ref [20] , the transition to turbulence in separated boundary layers is a result of the superposition of the effects of two different types of instabilities: one is the KelvinHelmholtz (K-H) instability, which is associated with the separated laminar shear layer and the resultant concentration of spanwise vorticity growing in time and remaining in place through an inviscid roll-up vortex mechanism; the second is the convective Tollmien-Schlichting (T-S) instability, which is normally originated upstream of the separation point and evolves and interacts with the K-H instabilities along the separated shear layer. Hence, the separated-flow transition mechanism is the consequence of two spatially developing and competing instabilities [20] .
In Figure 12 
T-S T-S T-S T-S K-H
190Hz for the experimental data. This peak is related to the periodic vortical structures originated in the separated shear layer and is associated with the Tollmien-Schilichting (T-S) instability waves that become amplified along the separated shear layer. An expression from Stieger [21] following Walker [22] was used in an experimental investigation to calculate the frequency of the Tollmien-Schlichting waves as 197 Hz. This is close to the frequency of the main peak found in the NLES results and in the experimental data.
The second peak in the surface pressure spectral found at frequency 200Hz at x/C=0.98 only in the compressible NLES and the experimental data is related to the Kelvin-Helmholtz (K-H) instabilities from the separated shear layer, as shown in Figure 12 . More often, in experimental investigations it is observed that the T-S and K-H instabilities interact and combine resulting in the main peak [5] . Hence, the peaks in the spectral seem to be part of a complex mechanism where the different instabilities interact in the separated shear layer.
The peak observed in the sound pressure spectral approximate 330-350Hz corresponds to the first harmonic of the fundamental peak.
Through comparison in Figure 12 it can be seen that the main peaks in the surface pressure spectral can be captured properly by the compressible NLES. The calculated frequencies at which main peaks appear agree well with the experimental observations at all four streamwise locations presented. At locations of x/C=0.61 and 0.70, the predicted energy contents corresponding to the first T-S waves peak agree very well with the experimental measurement. However, at the other two locations, the predicted energy contents corresponding to these peaks are over-predicted compared to the experimental investigations. Comparing the overall energy contents at different microphone locations, it can be seen that the compressible wall-resolved NLES results are agreeable with the experimental analysis in the vicinity of the TE (x/C=0.98). This may be due to the very fine mesh resolution around the airfoil TE. At the other microphone locations, the coarser mesh may not be able to capture all frequency elements in the spectral resulting a more deviation between the NLES and the experimental data. Therefore, a refined streamwise mesh on the airfoil surface is required for an accurate SPL prediction. The deviated energy content in the SPL spectral was also found in a Fluent-LES over the NACA0012 airfoil under the same conditions [23] . In that case, the energy contents were under-predicted.
Although the flow did not separate until about x/C=0.65, the surface pressure spectral peaks could already be seen at x/C=0.61 (Fig.12 ) and also at x/C=0.42 (not presented in this paper) for both the experimental measurements and the compressible NLES. This is due to the fact that in this case, the waves associated with these periodic disturbances propagate upstream. This observation is in agreement with previous investigations (Brooks et al [24] , Oerlemans and Migliore [25] , Roger and Moreau [26] ) on airfoils with a laminar boundary layer, with a feedback loop between the airfoil TE and an upstream source where the T-S waves originate.
It is also found, in both the experimental data and the compressible NLES, near the TE and after the transition takes place along the separated shear layer, the energy content at high frequencies increases.
In Figure 12 , there is no clear evidence of vortex shedding from the TE presented in the spectral. This might be due to the short distance of the reattachment point upstream of the TE. The vortex shedding from the TE is not fully developed yet and might be concealed by the stronger vortex shedding from the separated shear layer. The periodic disturbances associated with tonal peaks and shed from the separated shear layer remain dominant in the flow.
IV. Conclusions
An accurate numerical prediction for the near-field flow around an airfoil/fan-blade and the wake flow development is of outstanding importance for self-noise and downstream broadband noise prediction. This has been identified as a significant contributor to modern high-bypass ratio (HBR) engine noise.
In this study, a wall-resolved compressible NLES approach is employed to predict the near-field flow, particular boundary layer flow transition over an isolated NACA0012 airfoil with zero angle of attack at From the studies of Li et al [13, 14] and Lin et al [15] in conjunction with the study in this paper, the 2nd-order LES-SGS and the 6th-order wall-resolved NLES approaches have been rigorously evaluated in terms of their capability to predict the boundary layer flow over a NACA0012 airfoil at a moderate Reynolds number, = 2 × 10 5 , and airfoil self-noise sources around the trailing edge of the airfoil. It is concluded that a wallresolved compressible NLES with 6th-order discretisation scheme and a refined mesh is highly recommended for the correct computational simulations of the airfoil/fan-blade self-noise sources.
The study in this paper is not the final goal but an important step of a larger project on Large-Eddy Simulation (LES) of aeroengine aeroacoustic interactions. The implementation of the wall-resolved compressible NLES provides a promising approach for a hybrid prediction scheme for fan wake -OGV broadband interaction noise and duct noise propagation; with the understanding that the pressure prediction needs to be very accurate in order to give good SPL prediction. 
